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ABSTRACT

-

.

< For satellite communication purposes of systems using

dual -spin geostationary satellites with nen tracking ground antennas, itis
necessary to mainta.in the spin axis of the satellite to within 0.1 degree of
the orbit normal by perlodlc attitude corrections. .Norma.ll;r the data for
a}.ttw.tude estimation are obtained electronically at the ground station in the
form of digital times. These are determined from the analogue sensor
waveforms telemetered to the ground station. This information is supplied
to the Attitude Determination programme;, which procésses the data and

outputs the right ascension and declination of the spin axis.

. This thesis presents first an application of the Extended
Kalman Filter in estimating the att1tude of dual-spin geostationary satellites.
The preceaswn of the angular momentum vector by the “solar radiation torque

*is cons1dered to be the only natural attitude perturbation. The orbital dyna-
mics are con51dered to be known and decoupled from the attxtude dynamics.

A periodic attitude control policy is derived. . - N

v , s
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CHAPTER 1

-

"

. . INTRODUCTION

- -

.

The successful taunching and orbiting of Telstar and Relay in 1962,

with their low, ron-synchronous orbit and brief 30 minute transmission

_periods assured the future of active satellite repeaters. Under a contract

~ fyom the Na.txonal Aeronautics and Space Administration (NASA) the syn-

chronous, geostatmnary satellite series termed SYNCOM was developed.
SYNCOM I, intended for 2 synchronous equatorial orbit 22, 300 miles above
tKe earth early in 1963, failed to operate. SYNCOM II was launched later
that year. SYNCOM 111 was placed in a stationary, equatorial orb1t over
the Pacific Ocean in mid 1964. The SYNCOM series dispelled any final

doubts about the feasibility of a geostationary satellite communication net-

work.

1t is an interesting historical note that the concept of a geostationary ‘
satellite was first published in October 1945 in an article entitled "Extra

. Terrestrial Relays" by British scientist, A.C. Clarke [1]. Although

Mr.Clarke's article sedmed pure fiction to many at the time, it now stands

as a prophecy to the events which have come to pass.
i ' f

The world's first commercial communication satellite was orbited
in Aprﬂ 1965, This synchronous satellite, named Early Bird, was placed
in a geostationary equatorial orb1t\over the Atlantic Ocean. From its

vantage point 22, 300 miles above the Atla.ntu:, Early Bird linked North

_'Arnenca. and Europe with 240 high quality voice circuits and made live

television commercﬁlly available across the Atlantic for the first time.

In the four short years since Early Bird was launched, six larger and more

1
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powerfull satellites had’ successfully been placed in operation over the

equatorial region of the At].antlc, Pa.c1f1c and Indla.n Ocean.

Early B1rd demgnated INTELSAT I was the fir st of the INTELSAT
series, By September 1967 four INTELSAT 1I satellites had been launched;
the first of these failed to achieve orbit due to a malfunction of the apogee
motor. The second was successfully parked in orbit over the Pacific
Ocean, while the third was positioned, as planned?éa degree west 10;1g1tude
over the Atlantic Ocean. The fourth of the INTELSAT II satellites wase

emplaced over the Pacific Ocea.n at 176 degreeskast long1tude. _.

By May 1969, three INTELSAT IIL satellites: ‘had been placed in orbit,
one each over the Atlantm, Pacific and Indian Ocean. The INTELSAT v
"satellites a.ppea.red in 197l. They have more channel capacity and also the._
~ability to switch t"t}e transponders in orbit to cover the premse earth area

+

desired.

On November 9, 1972, Telesat'canada succ_essfully launched Anik I
into an earth-synchronous orbit. '_I'wo months later,, domestic communi-
cations via satellite became a reality in Canada. Anik I's beamwidth
covers all «Ganada from coast to coast and parts of the U.S. as well .
On April 20, 1973 Anik 11, the v;rorld's ‘second doméstic communications
satellite, was launcheél and subsequently placed into an earth-synchronous

orbit. ) : R

The possibilities confirmed by the success of the-s_.ynchronous
satellite were revolutionary. With a minimum of tﬂree satelli_.fes in geo-
stationary orbit, global coverage can - be achieved. This provi:iles
telephone radio, television services, a vast cornrnumcatmn and navigation

service for aircraft, s'knppmg and many more applications.
"

The immediate -implication of geostationary satellites greatly affected

earth stﬁtechmﬂogy. The huge tracking antenna . requiresonly

very limited movement to follow a "fixed" satellite. " This © ' permits
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tremendous sdvings in the {coet ‘of materials and maintenance. Simplifying

eerth station technology, particula‘rly‘ the complex ;:racking requirements, .H\K-:)
hot only allowed more attention to be focused on the development of new and

better radio equiprherit. It Tealistically meant that many more earth sta-

tlons could be erec-ted_i.‘n less l'(‘rme at less expense.

the or.ientat{dh of t:ne' vehicle with respect to a2 refe‘renoe ame is - )

usoally called attitude. Attitude control-is re:;ui?ed for many purposes. (U
Observatlonal satellites must be so oriented that the gensors 2 polnl:ed : '
towards the object to be observed Where orbit control 1s executed, the
.thrust must be applied in the proper direction. For communication purposes,

the orientation of the vehlcle can be essential,  since, if d1rect1onal anten- -
nasg'are employed on it, they must be pol.nted toward the ground recewmg

gtations. Some early satellites.apcl space probes had no attitude control;
consequently, their communications capability was limited beeause of the
omnidirectional antennas: required on the vehicldy S'mce there is no trulg )
ommd1rect1ona.1 antenna, and-certain nulls and peaks will E}ClSt in the

pattern of a vehicle antenna, uncontrolled tumblmg could give rise to unde- )

sired signal modulatlon and fading, which may cause dropouts of signals. -

For reliable communications, therefore,‘ some form of att1tude control

seemed necessary. ' - ; - .

Generally speaking the attitude of a vehicle is controlled by controling

its motion in a specified ‘reference frame. A second rference frame,
namely, the body .frame is also spec1f1e_d. This frame is £1xed with respect
to the vehicle.' When both reference-frames coincide, ofare in so.rne " '
specific relation, the vehicle i's then at its nominal attitude.
This thesis deals .witl'l the periodic attitude contrpl‘of the Dual-Spin . .

Geostationary Spacecraft. The orbital parameters are as;eurned to be )
‘ known. Single axial jets in pulsed mode are activ ated periodica.llylwithin
a cycle for attitude corrections. The attitude corrections are assumed to

precede the anlmatlon corrgctions such that the spin- -axis would be normal .

to the equatomal plane at the time of the 1nc11na.t10n maneuvre [2]

L
.
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- An'Extended Kalman Filter is used for esfimating the spacecraft
attitude by processmg the sensor data. “A model for the precession of the
satellite spin vector by considering the solar radiation torque as the only
natural disturbing torque is developed. By selectmg appropriate initial

conditions, a periodic attitude control model for the Dual-Spin Geostationary

Satellite i.‘s formed.

The Kalman Filter derived in our model could be used for providing

the attitude information of the spacecfa.ft'and also estimating the new

starting po 51t10ns in each periodic control cycle. The rgsults obtained in
this thesus would be helpful in the design of an on- boaJathtude control
system for the dual- Sprn geostationary satellites utilizing orbital information
transmitted to the spacecraft from the ground stations (semi-active control

system).

¢
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» CHAPTER 2-

PRELIMINARY MATERIAL

X L » v o

o

. The minimum hititude for .a satellite to remain in orbit is 100 miles
with«a period of 90 ‘ inutes. As the orbit altitude increases, the period
also increasés. The moon is a natural satellite of the earth and its
ltitude is about a qaarter of agfillion miles. Tt orbital period is about
29 days. Between the extremes of 100, miles and 2 quarter gf a million
miles, there is an altitude 22, 300 m1les, at wh1ch thoé:;;lnod is 24 hour_s. _
A satellite placed in this 24 hour orbit is known as a Geostatxonary Satelhte a
because its movement"synchromzed with the rotation of the earth and thus

appears to stand still and hover always in the same position.

r

This 24 hour or "Geostationary™ orbit is a very desirable one due
mainly to the following reasons:- "

1) Since ifis “sta.tlonary , only one main earth statlon antenna is

needed. Small earth station antennas. with a fairly broad beam do

not require tracking.

2) One satellite can cover a vast area of + 81 degrees. Three satellites
aver N . .
located " the Pacific, Indian and Atlantic oceans can COVer essen-
tially all the ;_Jopulated surface of the world.

3) The satellite is above the Van Allen Radiation Belt and is therefore

-

subject to less damage.

4) Use of highly stabilized narrow spot beams is possible,- gi‘ving

high antenna gain or high EIRP (Effectwe Isotropic Radxated}ower)

The two commonl d stabilization ﬁlethods in the geostationary orbit\
are those of spipestabilization and three-axis stabilization: The spin-

. v s
stabilized geostationary_communications satellite was first proposed by the

x



Hughes Aircraft Company in the fall of 1959. <The é,pin-stabilization method
was preferred because it is a much simplified one, whereby the entire

satellite spins and thus has an angular momentum like a gyroscope. Alsao,
like a gyroscope, the satellite is reluctant to change its attitude and will y

resist doing so. g
]

-

A body can gxp@}‘ence a pure spin only abouf two axes - the axis of t
maximum ‘moment of inertia (major axis), and the axis of minimum moment
of inertia (minor axis) [ 5]. The distribution of the body's mass elements

" determines which is the major axis. Pure spin about the major axis

o e S 2 A

has the: minimum energy state - a state which is characterized by the

)

1owest requirement of rotational energy to keep it in motion. Inversely,
pure spin ajout the minor axis has the highest energy state. Generally,

nature will seek a lower energy state.

The cigar-shaped Explorer I, was the first spin-stabilized space-

craft. It was launched in 1958. It spun about its minor axis and hence was

inherently unstable. Early onin orbit, Explorer I began to wobble because

‘of energy dissiPated by the flexing of the whip-antennas and ultimately -

tumbled out of control.
~

With this lesson learned, designers adopted tl';e "drum'sha..ped"
vehicle as the basic shape for spin stabilized satellites, and a long series
of successful single-body major-axis spinners followed, leading eventually
to#the sophiscated dualepin configuration, such as in the Canadian Satellites,
Anik I, 11 a.nd 1II. In the sequel when we mention dual-spin satellites or

spacecraft , we will be referring to the ones of the Anik type (F1gs 2.1

and 2.2).

L]

2.1 Orbital Parameters

The wmotion of a satellite around the earth can be considered as a

:two—b'ody problem by neglecting the air drag and oblateness terms. In
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|
essence, this is the motion of a particle ina central force field, the "ear'th
gravitational field in this case. Newton's law of gravitation can thus be
written as:

e
Tr

T
= -(M_+M)) G 5 (2.1)

A

where ¥ is th® posjtion vector, Me the mass of the earth, M_ the mass
1 1

of the satellite, and "G the gravitational constant (G = 6,67 x 'LOH'IM3 kg sec

For all practical purpoées, .-M5< Me ; hence Ms can be neglected.

The three independent equations for each component are:

. .o xX
Ay
! r
..-.;;. .:_p‘__g_ . (2. 2)
T
.e Z
Z =-|.L_§"
r

1

-2

2", 2, 22 .
where W= GMe and r = (x_ +y +2z ) . A solution of this set of equations,

representing the path motion of the orbit, is a conic section which is deter-
miC;d by six integration constants. ‘These constants are referred to as:

semi-major axis, a; the numerical eccentricity, €; the epoch of the

perifocal passage, T ; the inclination, i; the right ascension of the ascending

node, % and the argument of the perigee, w; (FigJ 2. 3).
e

At this point,- we would like to emphasize again that we as sumed that
the spacecraft in our model]’xas achieved its desired orbit and the orbital

_parameters are known at each instant of time.
. Ty

5
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4 v
2.2 Dual-Spin Spacecraft -

o N

The dual-spin stabilized satellites have two spinning bodies (Fig. z.1), -
the platform or top body is "despun” - spinping at the same rate bult cogn_ter |
to its stabilizing rotor. In essence, then, the platform is standing still.
Therefore, with the platform seemi;xgly -rnotio:r\lless in a despun position,
unidirectional payload items can be mounted so that they always point toward

the earth. Additionally, as the rotor spins about the major axis, the satel-

lite is nutationally stable and this provides a stable platform.

The control of the.dual-spin spacecrafts {Anik I, 1I & 111) is achieved
through a cyclic sequence of orbit and attitt;de correcti?ns using four 1 1lb.
hydrazine thrusters [2]. Two of the thrusters are mounted axially so that
their thrust is very néarfy parallel to the spin-axis but displaced from the
centre of mass by 2.8 feet. These thrusters are separated in azimuth b‘y-
180 degrees. The rema:ining two jets are canted from the spin axis by 45

degrees. D - '

o

The orbital elements are determined from range information which
is obtained by looping through the spacecraft a modulated signal originating

in the ground tracking station [3]. The attitude information of the space-’

craft is provided by the earth and sun sensors.

2.3 Earth and Sun Sensors

The earth sensors are essentially spin infrared (15 micron wavelength)
telescopes having 2 bolometer detector and a video amplifier. One sensor
points 5 degrees North of the satellite equatorial plane, and the other 5
degrees South (Fig. 2.4). As the satellite spins, the earth sensors generate.
-outgut pulses with leading and trailing edges which coincide with the horizon
crossings of their optical axes. The sensor video is telemetered and trans-
formed on the ground to "t-times" or times of ea.rf':h—space horizon crossings

with réspect to a reference time.
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A reference time-pulse is génerated once per spin period by the -
sun sensor when its §,slit scans the sun (Fig. 2.5). The eathh 'pulses .are
converted to t-times by the attitude pulse digitizer and the Telemetry,
Tracking and Command Computer (TTAC). The t-times are later input
to the attitude determination program, which- pracesses the data and outputs
the right ascension and declination of the spin axis. The sun sensor also
generaﬁes a second pl-zlse as its inclined tirz slit scans the sun. This pulsg
is converted to a-t-time and is used as a measure of the angle between the
spin axis and the sun, '

&

2.4 Reaction Control Subsystem (RCS)

The reaction control subsystem is used to provide lthrust‘for orienting
the satellite, for acquiring station, and for controlling the attitude and the
geostationary orbit for the life-span of the spacecraft. The fuel used is
monopropellant hydrazine stored in four tanks (Fig. 2. 2) The fuel is
divided equally between two independent systems, either of which can be
used to perforrn attitude and orbit control. This provides some means of
redundancy, although performance would be degraded by the loss of one

system " and useful life decreased.

The hydrazine is initially pressurized to 360 psia (poundsper square
inch-ahsolute} with gaseous nitrogen. The pressure of the nitrogen, and
“the centnfugal force due to the spacecraft spin, forces the fuel through -
the propellant mamfold to the thrsters. On command from the ground,

a valve in the thruster can be opened, allowing the fuel to flow ipto the
thrust chamber . The hy-rdra.zine is rapidly ;:lecomposed in the presence of

a ca.ta.lyst'_-(.Shell 405). The reaction is exothermic and the expanding gases

provide the thrust which is11b nominally.

To provide a velocity increment to the spacecraft in the spin axis
direction, the.axial jet is fired continuously. Normally, in this mode

both axial jets are fired simultaneously to eliminate torque - induced

T
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nutations. To provide a velocity increment normal to the spin axis, the
canted jet is fired in pulsed mode at spiﬁ frequency. By varying the pha-
ging in the spin cycle, the radial thrust component can be shifted thi'ough

360 degrees in the plane normal to the spin axis.

The spin axis attitude is changed by the applicﬂof precession
torques. The satellite's axial thrusters are aligned parallel to the spin
axis, By pulsing one of the axial jets during'a particular portion/of each

revolution of the satellite, the required precession torque is produced.
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CHAPTER 3

DESIGN OF AN EXTENDED KALMAN FILTER
FOR ATTITUDE ESTIMATION

. /
The Extended Kalman Fiiter equatlons will Be derwed in this cha.;/;r.
The filter will be used to process ‘the sensor data and output the attitude
of the spacecraft. Before deriving the filter equations, it is first necessary

to descrtbe the coordinate systems used and formulate the state equations. '

r
-~

3.1 Coordinate Systems and State Equations ’

'

In order to describe the motion of a space vehicle, a coordinate
system is required. This coordinate system is chosen to fit best the type

of'motlon desired. Three reference coordinate frames are used to define

the geometrical relationships involved in the system model. These frames

shall be referred to as basic inertial (1), orbital (0), and body-fixed (B).

Transformations between the frames are derived below and their geometri-

-

cal relations are depi’cted in Figs. 3.1 and 3. 2.
—

The b'é'sm inertial is derived from the more general Equatorial

Coordinate System (ECS). The origin coincides with the center of earth

the xy plane coincides with the equa.tori.a.l plane with the x axis pointing.

to the direction of the First Point'of Aries and the z axis pointing to the’

North pole. By neglectmg the precession of the first point of Aries, this

frame is considered to be inertial.

The orbital frame differs from the basic inertial frame by two Euler
Y/ ' .

angles, the right ascension$2, and the inclination i, which define the

orbital plane of the satellite. Consequently, only two rotations are ‘sufficient

-
.

. S
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“
- .

to bring the two.frames into coincidence. The transformation boxes [7]

for the two rotations arg shown in Fig. 3.3 and the transformation matrix
J .

. o '
T can easily be derived as:* r
ol . <
‘ cosil sin{2 0
T = -co-si?f{-lﬂ cosi cosf? sini 2301
: 4\ Ol e iy . . . &
i ‘ \_‘ sini sinQ -sini cosfl cosi
Since we are considering a known orbit, the matrix TOI will thus
be a:constant matrix. .
r . l’\
Derivation of the Transformation Matrix TBO
The body frame differs from the orbital frame by three Euler angles
Y, 8, ¢. Under nominal attitude conditions, the orientation of the body-
fixed frame is such that XB is in the orbital plane, YB is along the local
“zenith, and ZB completes the right-handed triad. There ate six p;ossible
ways of tranlsgormi.ng the orbital frame to the body frame. The sequence
of rotations and their transformation boxes selected is shown in Fig. 3.4 ~
and the matrix TBO can be derived as:
cosf cos-\b cosH sin § -sin®
Tao = singsinfcos{ - cosgsin{ singsin®sinytcospcosy  singcos® (3.2)
cosgsinBcos §tsingsing cosgsinBsin{-sinpcosy cosgcosd
State Equations - B

Ag mentioned in the introduction, "the attitude of a spacecraft is
defined as the oriditation of the hody axes with respect to reference axes

'-(orb{tal frame). Thus, the state X of the mpdei is chosen as the three
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component vector

T ' B
T(X) = (4, 8, g) o (3. 3)

where %, 8, and ¢ are Euler angles defining the body attitude as shown

i 3.2 .

tial equations relating the state rates (¥, 9, ¢ ) to the

my, mz) as measured about the x; y, z body axes can be

derived from th4 transformation boxes (Fig. 3.4) as:

{ ‘ ‘

a_ . —| N < 7] B ’\—‘
¥ 0 sing cos@ w
. 1 X
e el
. cos 8 0 <?os¢ sing : my (3. 4)
@ 1 singsin® cospsind L

The general state equation can thus be written as

X = G(X)w (3. 5)

T
where (w) = (wx" my, wz) is the vector of the body rates.

3.2 Measurement Equations ‘ co

To foi-mulate the Kalman Filter, it is esgential to know the rneasuz-ement
equations. There are t‘w‘o different measuring cievices, namely, the sun
gensors and the earth sensors (Chapter 2). From them, the declination, the
right ascension of the spin axis and the angle between the spin axis and

the sun are obtained. Thus three measurement equations are required.
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,
The earth sensor measurement equations can be derived by transforming
the unit spin vector from the orbital-to the body frame. Consider the unit

spin vector, A, in the orbital frame as

giné cosk
A = | sind sing {3.6)

cosb

where & . and E are the declination and right ascension of the spin vector
. respectively (Fig. 3.5) . )

The unit spin vector in-the body frame is AB' (Fig. 3.6), where

A_ =00 (3.7)

After c-arryingo.gtthe matrix multiplication, simplification-and equalization,

the follo@ing equations are obtained:

) -sin2'1:r sin® cosg + siny;sing cos¥ - sinf cos ¢
sinb cos§ = cos ¢ : .

5iné sing sin® cos¢ siny - sing cosy

cosb cosBb cosg

T mem one
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’

For simplicity of the linearization procedure, the two earth sensor

measurement equations are related as

Y1 2 5inb sin £ = sind cosg siny - sing cosy (3.8)

v
11

2 cosbd = cosb cosg “ - (3.9) A

_-‘:Etln_S_epgo_r _I\{I_eg. surement Equation

The sun sensor measurement equation can be similarly derived by
considering the unit sun vector in the inertial coordte system and
transforming it to the body frame. The unit sun ve ofo

(Fig. 3.7k

r in the inertial

frame is, SI "

sinQQ cosP

SI= sinQ sinP . {3.10)

cosQ

where Q is given by (3.11) describing the annual movement of the

sun with time zero as the vernal equinox (2lst March)

Q :%5-- sin (21 - wst / 365) | (3.11)
. ) g; i
and P = wt ; w o =1 degree /nday
o ' e
t = o, 1, 2,0 000,y 365,

‘

The sun vector in thebody frame can be represented by the vector,

‘\ 1]
SB , (Fig. 3.8):




o
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sing coso:
s = sinp sing | (3.12)

cOB)

The angle p is the angle between the sun vector and the spin axis and is
provided by the sun sensor measurements. Equating the two vectors, we

obtain:

4 ~

Since we are considering a known orbit, the values of Q and P canbe

precalculated. Thus T, - 'S_I is assumed to be known.

Let us define . . ,"""\
S v -_1

.", 1

where Vl, v and V3 are constants. After carrying out the matrix mul -

2’
tiplication as given imequation 3.12, we select the sun sensorumeasurernent

eguation as

\

Y3 2 cosp = '\f1 (cosg sinf cosy + sing siny) +V2 (cosg sin® siny - sin4 sing}t

V3 (cosg cos®) (3.13) |

iy .
The general mea%g&ement equation for the system can be written as:-

Y = h{X) ‘ ' (3.14)




wl"1ere, ¥y =[Y,Y Y ]T

3.3 Kal’man Estimation

The state and measurement equations derived earlier appear in terms
of- quantities that have a nonlinear algebric relati‘;x} with the state variables.
The non-linearity of the dynamical a;nd outpup equations must be removed
for the application of Kalman Estimatioﬁ tec\‘EﬂiqueS. To achieve this, the

following fundamental assumption is used. [ 6, pp 265]_Fundamenta1

Assumption. A nominal solution of the nonlinear differential equations
-\must exist. This solution must provide a "good" approximation of the

actual behaviour of the system. The approximation is "good" if the difference

between the nominal and actual spluhons ‘can be described '[.)Y a system of

linear differential equations. Tlhese equations shall be called "linear per-

b k . ~

turbation eugations".

As described in earlier section, the dynamical system evolves according

to the vector differential equation -

¥ = GX {3.5)

where X is the thr\ee dimensional state vector. The nominal values of
our model are selected by considering the dual-spin geostationary satellite
in an ideal attitude ‘position. This is the situation when the Euler angles ©

and ¢ are both equal to zero, the angle § is moving at the orbital rate,

w , and the spacecraft is spinning about 1ts body Z axis at the nominal
o
* o
rate, w .
z

FH

Thus , the nominal values of X are defined as X

where, (X%

1
-

O
S

n

(wt, o, 0)
o

T " w0 #
and {w*) = (w ,w ,w ) = (o, 0, w )
x . Z
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I:jx_w.t_aa:.r_iga._tiqn_o_f_sj;a:tg_a_nfi_l\d_eg.sugement equations

’

To linearize the state equations, equation (3. 5) is expanded in a
Taylor series about the nominal values.Weneglect all terms except those

of first order. Then we obtain

6k7= F-6X - T (3.15)
T » T .
where, (6X)" = (X-X ) = (X, 8X,, 6X,) (3.16)
“ 2
and’ .
Foa [ GIX) w] | ’
\ X § '
w=w , X= x™
—
0 0 0
=|o0 0 - : i
A
0 w™
z _ Y :

Equation (3.15) represenfs the state linear pertur.bat'ion equation.

This equation describes the motion of the actual system relative to the

nominal, ' . ) )

The measurement equations must also be linearized. The measurement’
-¢ .

equations are related to the state by

'—._.Ff

Y = hi{X) | ‘ (3.14)

- .

Using the same technique as that of the state linearization, we obtained the

linearized measurement equations as

8Y = H-8&X 4 (3.17)
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EY
T M T ——
where, (8Y)" = (Y=Y ) = (8Y , 8Y,, 87 ) and -
k14 *
Y o= XD »
[ . -
O sinw t : -cosw t
_ o o
‘ _ oh ' -~
H = Io = |o o _ 0
x _ x* ‘ £ Vlcoswot+stinmot Vlsinwot-Vzcoswot—

The measurement noise, { Vi), tZto] isé considered to be an additive

zero mean Gaussian white noise with covariance ‘matrix
y g T . :
E [V{) V )} = R{t) & (t-t)

wheré, R(t) is a known positive definite matrix and 6(t) is the impulse

function. Thus the linearized measurement equation becomes:

-~ S
§Y = H- §X +v‘}f ‘ {3.18) *

3.4 Kalman Filter Equations

From the linearized state and measurement equations {3.15) and

(3.18) reépectively we obtained the filter eugations [8]:

1 .
65?(t) = F(t)é}:.'(t) + K(t) [8Y(t) - H{t) 65{(*:) 1 ¢t zto ‘
with  6X(t) = O
T -1 - .
Kt) = F{t)H (t)R (t) : (3.19)

Pit) F{t)P(t) + P(t)FT(t) - Pit) HT(t) R-l(t) H(t) PV
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where Gi{t) is the optimal estimate of 5X(t), K(t}is the .Kalman Gain Matrix,

. and P(t) is the error covariance matrix with initial condition given by:

Pt ) = E (86Xt ) 6X° (¢ )}
e (o] [s]

which is assumed to be known.

Thus, from equations (3.15}, (3.16}, (3.18), (3.19) and knowing the
values of @ and m: (As an example, in the Anik satellites w = 1 degree/day,
w = 100 RPM), thre attitude of the spacecraft can be determined at each

zZ

instant of time. With this attitude information, it is then possible to decide

the attitude control cjrc:le.

—
o/
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CHAPTER 4

A PERIODIC ATTITUDE CONTROL POLICY

For communication purposes with non-tracking ground ;mtennas, it is
necessary to maintain the declination,of the spin-axis of the dual-spin
geostationary satellite from the. orbit normal to within 0.1 degree. The
periodic atf‘:itude control model derived in this.chapter is such that the
spin-axis declination is kept within this constraint. Before deriving the
attitude control policy, it is essential to model the natural precession of

the spacecraft under the natural disturbing torque.

4.1 Natural Precession of Spacecraft

~ The precession of the spacecraft angular momentum vector H by
the solar radiation torque is considered to be the only natural attitude

perturbation of the dual-spin geostationary satellite.

-

H=1" w (4.1)

i N
=

where, A angular momentum of satellite,

—

A rotational inertia of satellite,

w A angular velocity of satellite.

A torque is produced by the radiation force of the Sun acting through an

effective centre of mass displaced from the centre of mass of the satellite.

.

The torque direction is perpendicular to the angular momentum vector

resulting in precession of this vector.

I

Prediction of the natural precession-df the satellite can be achieved by

solving the following equations [2] H
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!
1

cos w_ t . ' (4.2)

o
1

8in w t ‘ . (4. 3}
8

. where x., x_. are orthogonal components of the spin vector projected

1m T2
onto a pla.ne passing from the center of the satellite and para.llel to the
1nert1a.1 x, y plane, ws is the angular rate of pro_]ectmn of the Sun

vector on the same plane, H is the angular momentum of the satellite

and T is the solar radiation torque magnitude. -

To solve equatlons (4.2} and (4.3), itis necessary to kneiv the
gsolar radiation torque magmtude. The data for solar radiation force and
the natural precession rate of a typical dual-spin geostationary satellite
(Anik I) with an angular momentum of 900 ft 1b. sec.are obtained from

reference [2]. “Since

. . - - X
Preécession Rate = H = g (4.4}
where, F A solar radiation force -
LA A lever or moment arm length ) ' <

and knowing the value of H, we can find the solar radiation torque magni-

tude. The natural precession rate curve, the sola.r rad1atlon torque curve

and the variation of moment arm curve are plotted in Figs. 4.1, 4.2 and

4,3 respectively as functions of time. Time zero is considered to be

the time of Earth - Sun - Aries coincidence i.e. 2lst March. At this time '

L
the Sun is in the equatorial plane and moreover in the inertial x - axis.
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—

4,2 Attitude Control Policy

As mentioned earlier, the attitude constrai-nt of this model is that of
1imiting the spin axis declination to within 0.1 degree, That is, the pro-
jection‘of the upit-spin vector should not be permitted to move outside
the limit circle of radius equal to 1. 74533 x 10-3‘ ( =sin0.1°) units in
the X, X, plape. No control isln6cessary as long as the spin-vector

projection is within the limit circle. .

Attitude corrections using single axial jet in pulsed mode are performed
periodically within a cycle. There are 'éwo cases [2] : ('a'.) attitude cor-
rections that precede the inclination corrections are such that the spin
axis would be normal to the equatorial plane-at the time of the mchnahon
.m‘anoeuvré, and {b) if an inclination manoeuvre does not follow the attitude
correction, then the attitude is targe'tecl t.o coincide with the orbit normal

L . P N
midway between attitude corrections. Thus, if

a = (L . 6) EXPj (a + =) “ (4.5)

I
2 2
is a representation of the spin vector with 8 and a as the declination and

right ascension respectively, then corresponding to cases(a} and (b) we

have the targeting strategies [Zl ;

+ = 0
(2) a.'r A 2,

+ = i
(b) ‘a.T A a.t i

where 2, is the target spin axis representation in the attitude manoeuvre,
Aa. is the precessmn (due principally to salar torque) over half the attitude
correctmn cycle and lt is the inclination vector [2] at the m1dp01nt of

attitude correction cycle. The attitude control policy selected in this model

o .
corresponds to that of case (2). Since the orbit normal precesses approximately
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e
symmetrically about the pole during an inclination manoeuvre, this strategy
minimizes the cross-coupling of the. inclination velocity increment into the
orbit plane. The drift rate and eccentricity are therefore disturbed as

little as possible [27.

The natural precession of the satellite is predicted by solving equations
(4,2) and (4.3) with an appropriate set of initial conditions. The space-
craft spin is allowed to precesse according to its natural path until it
reaches the boundary of the limit circle. Control is thep/applied by acti- \_
vating‘one of the axial jets in pul(se mode during a particular segment of
the satellite spin and thus producing the required torque to bring the
spacecraft spin to a new location within the limit circle. The satellite is «
permitted to move naturally again and the cycle is repeated. The control
period is dependent on the initial position of ti‘xe satellite spin axis.

- i

An Example - -

Consider that time zero is the time when the Sun is in the equatorial
plane and in particular on the inertial x-axis (2lst March). Equations
{(4.2) and {4.3) are solved with a digital computer with inital conditions

selected as:

A

it

x (0) = 16760 x 107> (4. 6)

x,(0) = 1.4545 x 1074 (4. 7)

The initial conditions were selected such that the Sun being initially at

the equatorial plane, starts to "push' the spin axis from its initial position‘ ’
causing its projection to move pass the center of X, %, coordinate system
on the tenth day and beyond the limit circle after 21 days. If no control

' is applied after 21 days, the satellite projections will continue to move in

a spiral fashion as shown in Fig. 4. 4.
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Since the spin axis projection moves outsﬁ.dﬁ_t'he constraining circle
after 21 days, it is possible to-formulate an attitude control model with
a period of 21 days. That is, the satellite spin is moved to 2 new star-
ting position within the limit circle by applying controls. To determine
the new starting conditions and the control magnitude, equations (4. 2)

and (4. 3) have to be modified.

The Sun has travelled 21 degrees around the Earth in the course of
21 days and the solar radiation torque is varied accordingly (refer to

Fig. 4.2). Thus the modified equations are:

-

% (t) = Ilt) [sin {w t) * sin (211} - cosl{w t) «cos {21% i) ] {4.8)
1 H 5 s ;
k,(t) = —T-g—) [-cos(mst)- sin (21°."“i) - sin(mst)- cos {215 i) ] (4.9)

where t = 0,1, 2,0eenes 21,

The new starting positions after each 21 day cycle are found from the

following recursive for mS :

& (0) = x"l {0)+ cos (21°) - xj'1(0)- sin (21%) (4.10)

1 1 2

sz(m - xf'l(o) - sin (21°) +>cj2"1(o) . cos (21°) (4.11)
with -

j =i+l (4.12)

The periodic attitude control model is found by integrating equations
(4.8), (4.9) with initial conditions given by (4.10) and (4,11). The first
starting conditions, x; (0} and xZ(O) are selected to be equal to (4. 6)

and (4. 7) respectively. With i equalto 0 andj equal to 1 the equations
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are solved Wiﬂ"l t running from 0 fo 21 days. The solutions provide the
natural precession of the satellite spin axis. After each 21 day cycle, the

satellite spin is bfought to a new starting location as defined by equations
(4.10) and (4.11) with i incremented by 1 and the value of j as specified

Ey condition (4.12), by applying a corrective force.

The'magnitude of the corrective force can be determine\.d as follows:

T = H-* -f, (4. 13)
cr
< .
where,
T A corrective torque
cr =
1\
p & distance between the end position of the spin projection
in a cycle and the new starting posit‘:ion
_J. - . 1 .. L .
and, ¢ =[(x (0)- x{ (01 + (xJZ(O) - x']z ©oF 12 (4.14)
Also,
r = F D
cr cr
F & corrective force
er <
D 5 distance of axial jet. from center of mass of the
spacecrait
Ter
F = —=
cr D .
_ ‘

The computer results for the modified equations are fcabulate.d in Table 1
and some of the trajectories are shown in Fig': 4,5. From the results,. it
is observed that the distance travelled by the spin axis is not uniform for
each of the 21 day cycle. This is due to the fact that the solar radiation
torque magnitude is not constant (Fig. 4.2). Thus the appliéd corrective

force will also vary. However, the 21 day control cycle is selected for
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JABLE 1. AT T{TUDE CONTROL PERIOD QF 21 DAYS

CYCLE T}::Ew”?m POSITION OF SPIN Axéﬁn AEFTTHHE RADIUS OF LMIT ch':LE
piy _ NN AL CrcLe, Ko xa) R< 1.74533 X107
i (1.6760 X107%, 1.4545% (074 )" | N _oi-§32_3"_'0f ______
0 2t  ¢1.6749x1073 -4.6223%107) | , 17375x107°
A L _osmedomennoy | tessno”
L 42 . (~9.3923X]073,-7.4344% 104 ) | 1979 X 1073
P 4f (L1482 %1072, |.2zgsx|6'5) .!.6823K10'3 ]
63 o :2.;13—?3;0:,?5..2_89:x§)':)_ R -:5.;452x—|0-'—4_ T
g | ] L esiachumsee) | ewee:
| &4 (12531 %074, - 112351074 ) 1.6830% 10~
4 e’f (3.0538X]07%, f.esgaxm_f)_' _____ n._ga_gs_xE)f ]
105 (15853 X107 8.1072%107%) 17806104
‘ '15 (-5.7427%10"% 1.5812x10°%) .e828x107* |
> 126 B (2.4155%107,-9.7798x%1073) | 2.6060%|0~4
”f __ (Chloasxiosd, l27o4xi0B) | 16828107 |
6 147 (6.675(x1074 -3.8261x10% 7.6939x 107
147 (148481073 7.9083%10°4) . 16823xi07* |
: / ijsls (1.3413%107%,-3.6032x10°%) 1.3889 %1072
3 'jﬁ | (16896107, 2.0819x107%) | ieB23XI03 |
| 189 - B -(-1235-32.;10'3, |.2429x|-c-)“;) 18575 % (072
lTj "‘-5326_’;'_?3 ,_TAosaxioy | __LG_B’E’i"S"E ]
9 210. - :1.;5_:64“0'% 8.3034x1071) 2.0337X10"3
| & L crmerie?seseexiey | 6823x102
10 2%; - -(-[.;sosx {073, « 1.3672X{073) . 1.9289 X 102
"I' | coamxio? ~1.3940 %103y i6823x10%
1l 252 (6.6510X107%, 1.5482X10°3) 1.6859%10?
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F16 4.5 PERIODIC ATTITUDE CONTROL OF DUAL fGPIN GEOSTATIONARY GATELLITE
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.

the practical reason that the controllers will perfdi-m'the attitude manoeuvre
on the same day after every three weeks, In addition, this choice might
also help the personnel manager in scheduling the shift and vacation periods

-

for the controllers! -

-
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CONCLUSIONS

In this thesis, a mathematical model for the estimation of the attitude
of the dual-spin geostationary satellite using the Extended Kalman Filter
has been formulated. In addition, a peric;dic attitude control model has

also been established.

The state for the Kalman Filter has been selected to be a vector of the
three Euler angles g, 9, and ¢ defining the attitude of the spacecraft.
This choice of state variables arose fr“om the definition of the attitude of
a spacecraft. The measurement equations were c}erived by transforming
appropriate unitvectors from one reference frame to another. Due to the
inherent nonlinear characteristics of the state and measurement equations,
linearization by means of Taylor Series Expansion had to be introduced.

The nominal values were chosen by considering an ideal attitude situation.

In deriving the periodic attitude control model, the assumption that the
spacecraft had achieved an almost perfect orbit and also that the orbital
parameters were known at each instant of time, were made. The solar ®
radiation torque ma.gnif%de andthe.morﬁent arm length were found by
combining the precession rate data and the solar radiation force data given

in reference [2].

The targeting strategy selected was that the attitude corrections
preceded the inclination manoeuvre. The inclination corrections were done
in the middle of the attitude corrections cycle when the spin axis is normal

to the equatorial plane. This strategy minimized the cross-cbupling. of the

inclination velocity increment into the orbit plane and also did not perturb

the drift rate and eccentricity.
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_APPENDIX A
. MASS PROPERTIES OF ANIK I (F-1)

MIMENT OF HERTIA R Ko
V\{;L@nﬂf]; F}SLL P‘IxTCH \;ﬁw IR/ IP
TOTAL SP(Ag/ECC)RAFT- 1240.59 108.5 98.8 100,0 1,091
ENTATION
TROPELLAT 5.0 8.5 0.2 0.2
AT .
SeNITION 1235.53 108.0 98.6 93,8 1,088
APOGEE MOTOR ' -
EXPENDABLES 582.79 10.9 9,4 9.4
SfﬁJé"cF'TnEgN 652,80 97.0 82,0 83.2 10157
HYDRAZ INE : ,
REQUIRED 110,52 4,2 7.1 7ol
" .
SécYEA;%R 542,28 82.8 74.8 7600 079 .
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St 3 FX AN ‘--*H-v-—: -t -w-—-:w-v- e At L e 4 bR E et e ot g e A A S i e - - .
L] . r _ . ' -~
- . ’ ‘ )
. ‘ ; ! -
e e e e
. o - Af-— - .
. #*¥kCONTINUQUS SYSTEM MODELING PROGR AM* %ok
-7 ***PROBLEM INPUT STATEMENTS*®&*
- . STITLE NATURAL PRECESSIDN OF SATFLLITEe NO CONTROL APPLIED

RENAME TIME=T
WS=1.0 DEGREE PER DAY CONVERTED IN Yo RADIAN
C H=ZANGULAR MOMENTUM OF SATELLITE IN FToLBeDAYe ) .-
R=ZALLOWASBLE TOLERANCE ,SHOULD oLEe 1¢7453283E-3 .
, Q=SUN DECLIATION .BETWEEN =250 TOD 250 DEGREE
T=NDOe OF DAYS FROM 21ST MARCH . "*shi__“_‘
ONST H= 1c041667E 2,PY=30,141593, ws 1e7as3ng -2
NTTIAL ] :
X12=106760E~3 i )
X22=1¢ 4545E-4 . : Lo

Hnikiiw

CYNAMIC i
. Q= ESoO*SIN((2o0*PY*T)/36500)
FORCE=(4o065128=0.01768768%Q+0.00203274%(0%%2))%(10.0%*{=-6))

P={ 96 86549-~0c08436%Q— 09005459*(0**2))*tiOeO**(—Bl) -
PREC=P4WS '
LA=((PREC#H) /FORCE)*120 . -

TORQ=(FORCE*LA) /1260
X1DT=~PREC*COS(WS*T)
X2C T==PREC*SIN(WS*T) o
X1=INTGRL(X1Z,X1DT) . .
X2=INTGRL (X2Z, X208} - .
. R=SORT(X1¥*2+4X2%x%2) ’
TIMER, FINTIM=3656C,DELT=150.0UTDEL= 199'
METHOD RKSFX
PRTPLT X1 ¢X24R
- CRSPLT X1 4X2
. END

A SToP '

DUTPUT VARIABLE SEQUENCE

X1z x2Z 0 P PREC X1 0T X1 X2DT X2 FORCE

LA TORQ R T ) .

CUTPUTS ‘.INPUTS ‘PARAMS' INTEGS .+ MEM BLKS FORTRAN DATA *CDS

17(500)Y  43(1400) 6{aff) 2+ 0= _2(300) 14(6G0Q) R T .

' & ’ .,
ENDJOB . ‘ .
Comment- )

¥

This .'cogram solves equations (4. 2) and (4.3) with 1mt1a1 conditions
as XIZand XZZ for a period,of 365 days.

-
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L CENTRE DUINFORMATIQUE
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~ was KCOCNTINUBUS SYSTEM MCDELING pnosnA?rﬁny‘
=¥ PRORLEM INPUT STATEMENTS**= e

o

“TITLS ATTITUDE CONTROL QF DUAL SPIN SATELLITE
RENAME: TIMZ=T .
WS=1,C DEGREE PER DAY CONVFRTED IN TO RADIAN
H=ANGULAS MOMSNTUM OF SATCLLITE IN FTaLBeDAYe
E=ALL WASLE TOLTSANCS LSHOULD alLSe 1c¢74522R3IF-3
Q=5UN DICLIATICN +RITWSEN =2zS.C TO 25.0 DEGREE
T=NDe OF CAYS FROM 21ST MARCH
LA=LEVFR ARM IN INCHES ‘ : .
TORQ=SOLELF FADIATICN TORJAUT. \
_ A=Z1el DG CONVFRTED INTT RAD
. TEPC=CNIRRCTIVT TCRQUE
* . FCR=CNIRECTIVI FORCE ,
CONST ’H=1n”a1667E-?.PY=’:‘41593-ws=lo7é53295—2|.A=3n6651915-1|onu
X120=1557€LT=3X220=10u 8585354 4271¢L +S=0¢C +0=CeD

SRS RS

INITIAL
. “X1Z=x12ZC
X2Z=XzZC
CYNAMIC - o
v Q=?Suf¢91N((2;f¢pY‘VY/“§5oC1
. p=(998ﬁ5ﬂ?—71?Eﬂ?ﬁfﬁ—CQC“Saﬁc*(0*12,)*(10-9**(-3,)

. EETC=PxwS
\ VT4
K!ET:P*’C*(?IN(WS‘TJ*?IN(A*S)-CCS(WS*T)iC?S(E#S

})
.T=pq7C‘(—CQS(wS!Tl*SIN(A*S)—SIN(wS!Tl*COS(A*S)

X2[ )]
X1=TMTGFL{X1Z+X3IDT)
XZ=INTGRL(%2 24 X2 T) -
, R=SOXTIXT#2Z4XE=x2) :
U’=X120*CF9(A!—K?Z0‘SIM(A)
U2=X1Z"+SIN(A)+XZ20&CAS(A) " -
TERFMINAL : '
X1 Z2=ul- :
xX2Zr=ue -
FCR=(H‘90;T((XlZC-Xl)*'?+(XEZQ—X2)* )} ) 72 8.
WEITE (3,8) FCF ’
5 FNRMAT (97 *,F1%e12) " 25?
=D+21: D D
C=S+1.0 !
E=F4+140 Lo :
IF (7 eGTe17al) GC TO 11 : -
° CALL REFRUMN
11 CONTINUT : .
TivEDR FINTI”=21af'DFLT=C:1-DUTDEL=130
F MFTHID RKSFX .,
[ PRTPLT P
X PIINT V.KI.XE'X‘!ZO.X‘ZZJ-Q )
. END ;
. sSTCP ) @ ‘
QUTPUT ‘VARIABLE SEQUENCE , -
X1Z x?2Z v 4] = pPrREC X107 x1 X207 X2
R .Ul uz . X1ZO xa2z> - FCR Z220¢02 D $ E
aYTPUT*S INPUTSS DATANMS LINTCGS + METV BLKS FCRTE AN CATA CDS
2alsiv) - 5301470} 1E(ar ) 2+ U= 2(2L0) Z5(a7TN} ‘ .8
y X
FNGDIS )
Comment:

This program solves equations {4.8) and (4.9) with startiﬁg coordin;.tes

given by conditions (4.10) and (4.1I),
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